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Aircraft used as research platforms often have their Outer-Mold-Lines (OML) modified to 
accommodate instrumentation packages associated with the research being performed. The 
external modification will change the aerodynamics of the aircraft, thus altering how the aircraft 
flies. The resulting performance, stability, and control of the aircraft can be effectively determined, 
but pilot opinion of aircraft handling qualities are largely unknown. The objective of this project is to 
be able to simulate aircraft flight control systems in the UTSI simulator, thus enabling the evaluation 
of pilot opinion of handling qualities. The design and implementation of a control loading system is 
described, as well as a novel real-time parameter identification tool utilized to model the 
aerodynamic forces acting on the aircraft's flight control system. The integration of these tools with 
the existing flight simulator architecture is also described. The results from a proof of concept study 
performed to evaluate the control loading system show that the control loading system can 
accurately simulate an aircraft flight control system. Additionally, a simulation test performed to 
evaluate the real-time parameter identification (RTPID) tool shows that aircraft hinge moments can 
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1.1 PROBLEM STATEMENT 
The University of Tennessee Space Institute's (UTSI) Aviation Systems Program performs airborne 
science missions and flight test work for customers including NASA and NOAA. The majority of these 
missions can typically be accomplished with the existing instrumentation available on the UTSI Piper Navajo 
research aircraft. However, some missions require instrumentation with a footprint too large to be housed 
inside the aircraft, or require obtrusive measurements into the airflow. In these instances, the outer-mold-
line of the aircraft is altered, and thus the aircraft's aerodynamics change. An example of a significant OML 
modification is the addition of a large belly pod on the UTSI Piper Navajo for the NASA MAPIR mission in 
Figure A1. 
 Altering the aerodynamics of an aircraft can have several effects. If the OML modification is small 
and/or placed to minimize the change in aircraft aerodynamics, the effects on performance and handling 
can be negligible. In the worst case, large OML modifications or poorly placed modifications can make an 
aircraft unsafe to fly either by sufficiently deteriorating the performance of the aircraft or by creating 
unsafe flying or handling qualities. In either case, a detailed study of the modification and its' effects is 
warranted. The resulting aerodynamics can be estimated using wind tunnels, Computational Fluid 
Dynamics (CFD), or analytical calculations. The performance, stability, control, and handling qualities 
characteristics of the aircraft can be determined from these methods. Furthermore, the data gathered from 
these methods can be implemented in a simulation environment to allow the pilot the opportunity to 
evaluate the aircraft handling qualities directly before the first flight. The simulation environment requires 
a high fidelity aircraft simulation model to simulate performance, stability, and control characteristics, but 
handling qualities requires the additional simulation of the workload the pilot would experience while 
piloting the aircraft. A control loading system allows the study of the handling qualities of the modified 
aircraft by simulating the physical effort required to pilot the aircraft. By simulating the effects of a new 
OML modification, the engineering team and pilots can get an idea of the capabilities of the newly modified 
aircraft, especially the handling qualities, before the first flight.  
 The University of Tennessee Space Institute's Aviation Systems Program has developed the 
infrastructure required to directly study the effects of OML modifications on any aircraft. The 
implementation of this system required the development of a control loading system, the determination of 
ground and flight tests needed to model the flight control system, the development of the tools needed to 




1.2 BACKGROUND KNOWLEDGE 
UTSI FLIGHT SIMULATOR 
The Aviation Systems Program Flight Simulator in Figure A2 is used for flight test engineering 
education and development. The simulator consists of seven desktop computers that are networked 
together to simulate the aircraft model and the external environment (visual and auditory feedback). The 
simulator setup uses either X-plane® or a Simulink® simulation model of the aircraft to derive the physics 
for the aircraft. X-plane® is used to drive the external environment in both cases. The external 
environment is recreated on three 55 inch Samsung® flat screen displays. The gauges for the aircraft are 
displayed via a touch screen display in the cockpit, which is a static replica of an F-16.  
CONTROL LOADING 
The importance of training pilots on the ground to avoid unrecoverable mistakes in the air is 
paramount in aircraft simulation. Simulators are important not only in familiarizing inexperienced pilots 
with the cockpit, but also in flight proficiency and emergency situation training. Aircraft simulators allow 
pilots the opportunity to explore how an aircraft will react in dangerous scenarios without consequence. 
"Pilots can be taught how to control an aircraft under potentially dangerous situation such as loss of engine 
power, brake failure and poor weather conditions (Diab 13)." Additionally, some flight simulators available 
today can be used to do engineering analysis on aircraft.  
One of the most important aircraft characteristics to a pilot is the feel of the aircraft.  A control 
loading system is a flight simulator tool used to artificially generate the control forces that pilot's would 
experience while operating an actual aircraft. Control loading systems increase the fidelity of the simulator 
experience, and allow the pilot to evaluate the aircraft handling qualities. Control loading systems have 
been an important part of aviation simulation since the invention of the Link Trainer in the early 1920's. 
Traditionally, actual pieces of the aircraft's control system are used in the simulation to characterize the 
feel of the aircraft as close as possible. Early attempts at control loading technology utilized springs to give 
the pilot the feel of the aircraft. Springs were soon replaced by hydraulic actuators and analog control 
systems, which are currently being replaced by electric actuators and digital control systems. 
 Although extremely popular, control loading systems are also very expensive due to the fact that 
these systems are typically custom designed for each application. However, recently a shift in the industry 
paradigm has led many manufacturers of control loading systems toward reconfigurable control loading 




which allow for characterization of a wide range of aircraft. The utility and versatility of these new systems 
make them more cost efficient. Important feel characteristics in control loading systems include free play, 
deadband, hysteresis, friction, and force gradients. Free play is the amount of motion in a member of the 
flight control system that can be accomplished without an associated movement of any members 
connected to it. Free play is commonly called slop, and is inherent in all systems, but can be more of a 
factor for aircraft with worn components. Deadband is related to the free play of the system, but is defined 
as the amount of movement of the pilot control (stick, yoke, etc.) required before any movement of the 
control surface is accomplished. Hysteresis, as applied to flight control systems, is the change in force 
required for the same deflection over time. Hysteresis is caused by friction in the system. The friction in the 
system is caused by the relative motion of two members in contact. The amount of lubrication, magnitude 
of the contacting force, and material properties of the members will significantly impact the total friction in 
the system. The basic principle of a control loading system in Figure A3 shows that the flight control system 
forces and aerodynamic loads must be simulated through an actuator.  
HANDLING QUALITIES 
An aircraft's handling qualities can be defined as those characteristics that govern the ease at which 
a pilot is able to accomplish a piloting task. Briefly stated, an aircraft with acceptable handling qualities flies 
well with the pilot at the controls and is able to accomplish its intended mission uninhibited. As the name 
implies, handling qualities are difficult to quantify. Traditionally, the ability of a pilot to accomplish his task 
can be measured as to how well a flight profile is maintained, or "can be quantified in terms of rounds on 
target for gun tracking, circular error probability for bombing, or sink rate for landing (Hodgkinson 119)". 
Alternatively, pilot evaluations of handling qualities are based on the amount of effort or workload that the 
pilot felt was required to fly the aircraft. Pilot evaluation of workload is a subjective rating typically using 
standard criteria, such as Cooper-Harper ratings. The Cooper-Harper criteria for handling qualities can be 
seen in Figure A4. 
An aircraft with acceptable performance and flying qualities can still have unacceptable handling 
qualities. For example, an aircraft that is able to be trimmed, statically stable, and dynamically stable 
without the pilot at the controls, can still be susceptible to handling qualities problems including pilot-
induced-oscillations (PIO). Handling qualities are especially important in fly-by-wire technologies where the 
pilot control input frequency can couple into the flight control system and cause instability. If outer-mold-
line modifications have changed the handling qualities of the aircraft, it is important to verify that the 




pilot input, the ability to train the pilot's muscle memory to anticipate the aircraft's responses to the input 
is desirable. The UTSI Piper Navajo control system simulation can be used to study handling qualities and 
train pilots for the changes in handling qualities in a controlled simulator environment, thereby reducing 
the risk of pilot error during mission execution.  
FLIGHT CONTROL SYSTEMS 
An essential component in any aircraft is the flight control system that controls the moments about 
the x, y, and z body axes of the aircraft. Figure A5 defines body axes and sign conventions. The two major 
classifications of control systems are reversible and irreversible control systems. Reversible control systems 
are simple mechanical control systems providing a rigid connection between the pilot's controls and the 
control surfaces. Therefore in a reversible control system, a control surface movement will cause a pilot 
control movement in the same manner as a pilot control movement will cause a control surface movement. 
The irreversible control system transforms the pilot's control inputs directly or indirectly into a controller 
that sends a signal to hydraulic or electromechanical actuators that move the control surfaces. In most 
irreversible control systems, a movement of the control surfaces will not change the position of the pilot's 
controls. 
The basic reversible flight control system that has persisted for well over a century manages the 
aircrafts' movement and attitude using articulated surfaces rigidly connected to the pilot's actuation 
device. These simple mechanical flight control systems accomplish this control through the use of cables, 
pushrods, pulleys, and bell cranks. In this type of control system, the pilot uses the aircraft's yoke/stick and 
rudder pedals to control the:  elevator control surface to initiate a moment about the y-axis (pitching 
moment), aileron control surface to initiate a moment about the x-axis (rolling moment), and the rudder 
control surface to initiate a moment about the z-axis (yawing moment).  
The major advantages of reversible control systems are their relative simplicity and that the pilot 
feedback is provided directly by the air loads acting on the control surfaces. The major disadvantage of the 
reversible control system is the increasing control force required of the pilot at higher dynamic pressures. 
Additionally, the mass distribution of the aircraft and the areas of the control surfaces will also have a 
significant effect on pilot control force required. To ease the pilot control force required, "aerodynamic 
balances and different types of tabs were designed (Fielding 8)." When balance tabs became insufficient to 
combat the increasing force due to aircraft size and complexity, irreversible control systems were required. 




The type of control system is important because it will characterize the feel of the control loading 
system and how it is modeled. Irreversible control systems typically use an artificial feel system that will 
feel the same on the ground as it does in the air. Reversible control systems will have different feel 
characteristics on the ground and in the air, and will transmit non-linear feel characteristics due to stall, 
turbulence, and flutter into the control system. 
FLIGHT CONTROL SYSTEMS MODELING 
The typical parameters of interest in the mathematical modeling of a control system are pilot 
control deflection, pilot control force, and control surface deflection. A rigorous approach to modeling a 
control system is to separate the flight control system into three subsystems: elevator subsystem 
(longitudinal control), aileron subsystem (lateral control), and rudder subsystem (directional control). For 
each subsystem, all major mechanical components are characterized individually. Each individual 
component is modeled to characterize its individual effect on the flight control system's characteristics. 
System components that should be included in the model buildup are cables, gearing ratios, springs, bob-
weights, and, if equipped, dampers, autopilot servos, etc. Cables and other flexible components are 
typically modeled as spring mass dampers, while control members and structural members are assumed 
rigid. For the simple elevator control system in Figure A7, parameters of interest include column inertia, 
column rotation angle, column hinge point lengths, elevator inertia, elevator arm length, bob-weight mass 
and moment arm, etc. This type of build up is tedious, and a considerable amount of information about the 
aircraft's flight control system must be measured and calculated. Additionally, in most cases some control 
system effects, such as friction, may not be measured accurately. These values must be tuned appropriately 
to simulate the control system's characteristics as accurately as possible after the model has been 
developed.  
Once the significant physical properties of the control system have been identified in the physical 
model, the model must be synthesized into mathematical relationships so that the logic can be 
implemented into a simulation environment. A block diagram representation of the physical system can be 
developed for each subsystem to identify interfaces and variables. For example, the physical system in 
Figure A7 could be digested into four subsystems: the column subsystem, the cable subsystem, the 
elevator subsystem, and the downspring subsystem. The mathematical relationships for the column 
subsystem would be developed from appropriate physical relationships such as Newton's Laws, where the 
pilot control force and cable force would be combined with the column inertia, bobweight effects, and 




position of the column would be derived from the acceleration and transmitted into the cable subsystem. 
The cable would alter the acceleration, velocity, and position due to cable stiffness, dampening, and 
stretch. A force can then be calculated for the cable and transmitted to the elevator subsystem, which 
would calculate the control surface position given the elevator linkage length and dynamic effects. The 
block diagram representation for the elevator physical model shown in Figure A7 can be seen in Figure A8. 
The drawback to developing this type of model is that the model is completely dependent upon the 
particular aircraft's control system characteristics including lengths and inertias.  
Alternatively, a more modest approach can be taken using a generic control system model that can 
be modified to simulate many aircraft. Essentially, this approach treats the control system as a spring-mass-
damper system. Therefore, the parameters of interest in this build type are not individual mechanical 
components characteristics and their effects, but rather a stiffness component and damping component 
that characterizes the aircraft's control system dynamics. As shown in Figure A9, the model is no longer 
concerned with characteristic lengths or individual inertias; instead the model is more generic treating 
everything as a stiffness and damping. By tuning these characteristics, the control system model can be 
programmed to feel like any aircraft's control systems within the limitations of the control loading 
hardware (force loading, deflection, free play, friction). This approach relies on being able to replicate the 
force versus displacement data from ground tests for the aircraft control system being modeled.  
Therefore, all control system characteristics associated with the aircraft's force versus displacement graphs 
including deadband, breakout forces, and stiffness gradients must be tuned until the flight control system 
model's stiffness and damping characteristics can replicate the aircraft's control system curves exactly. 
After replicating the flight control system's on-ground characteristics, the only other model needed is of the 
force acting on the control surface from aerodynamics. These aerodynamic forces will be calculated from 
aircraft hinge moment information derived from flight tests.  
The physical model in Figure A9 can be fundamentally described by a forward and aft system. The 
forward system of the control system model is representative of those components that are rigidly 
attached to the cockpit control member (yoke, stick, etc), as these are typically located in the forward 
section of the aircraft. The forward system is modeled as a spring-mass-damper system, and drives the 
dynamic response of the entire control system model. The aft system is representative of those 
components that are typically located further aft in the aircraft, specifically the control surface, actuators, 
downspring, feelspring, etc. The aft system is a first order system that does not contribute to control 
system model dynamics. The aft system is used to generate the stiffness for the spring-mass-damper 




are attached by a cable modeled as a spring. The generic control system model can be thought of as a 
spring-mass-damper system attached to the control member, where the spring is being forced to "feel" 
different at each simulation time step based on the forcing function supplied by the aft system. The block 
diagram notation for the generic elevator flight control system can be seen in Figure A10. 
The information needed to tune the generic flight control system model is curves of control stick 
deflection vs. control stick force, and elevator surface deflection vs. control stick force. Both of these curves 
can be generated on the ground using a quasi-stable approach where the control stick is moved throughout 
the range of motion. The movement must be slow and steady (i.e. quasi-stable) so that no dynamic effects 
are observed in the curves. The curve of control stick deflection vs. control stick force for a Diamond DA42 
general aviation aircraft can be seen in Figure A11. The figure shows two sweeps of the flight control 
system. The test begins at segment A and moves in a clockwise direction around the graph. 
The information needed from the control stick deflection vs. control stick force curve includes the 
slopes of the line segments, force offsets, and breakpoints. The breakout force of the control system is the 
input force required before any elevator deflection is accomplished. This force can be determined by the 
straight line, segment A, shown in Figure A11. The breakout force from the figure is approximately 1 lb. The 
slope of Segment B is the stiffness of the control system spring on the ground. The stiffness is 0.67 lb/deg, 
which is the stiffness that the control system model should have when no aerodynamic loads are present in 
the system. The slope of Segment C is the cable stiffness, and is measured after the elevator stops have 
been reached and remaining pilot force is being exerted to stretch the cable. The cable stiffness is 20 
lb/deg. An estimate of system friction of approximately 2 lb can be observed from D, where hysteresis due 
to friction is seen in the curve. Another characteristic seen in the curve is that breakpoints at which the 
slopes change, as these will be manually entered into the control system model. By tuning the appropriate 
parameters, the control system software can mimic any actual aircraft that has more friction and free play 
than the control loading system. A flight test is still needed to determine the hinge moment acting on the 
elevator control surface.  
REAL-TIME PARAMETER IDENTIFICATION 
   After performing the ground tests needed to develop the elevator, aileron, and rudder 
control system models, the only other model needed is for the aerodynamic forces on the control surfaces. 
The aerodynamic forces are related to the control surfaces by the aerodynamic hinge moment coefficient, 




pressure (q), control surface planform area (S), and a characteristic length.  The hinge moment coefficient 





Che =  
heC  - Hinge Moment Coefficient 
 H   - Hinge Moment 
  q   - Dynamic Pressure 
 S   - Elevator Planform Area 
c   - Mean Aerodynamic Chord 
The method used to determine the aerodynamic hinge moments for the Piper Navajo will be flight 
testing. Typically, the flight testing inputs and maneuvers must be prepared such that they will provide 
both acceptable data and cost efficiency. However, even with suitable preparation the accuracy of the data 
cannot be evaluated until after the flight tests during the data processing phase. A novel method of 
capturing hinge moment data using Real Time Parameter Identification (RTPID) is being performed in order 
to determine in-flight the validity of the hinge moment estimation, and so that data can be collected while 
other flight testing campaigns are being executed, thus eliminating the need for a flight testing campaign 
solely for hinge moment identification. 
The elevator hinge moment coefficient described in Eq. (1) can be simplified as a linear function of 
aircraft variables that are physically causing a change in the hinge moment.  The expansion for the elevator 
hinge-moment coefficient, heC , is the assumed mathematical model. The truncated first order multivariate 
Taylor Series expansion for the elevator hinge moment coefficient shown in Eq. (2) is the equation that will 
be solved using real-time parameter identification. 
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=    - Partial Derivative of Hinge Moment Coefficient with respect to Pitch 
Rate 
The regressors for the above equation are angle of attack, elevator deflection, and pitch 
rate. The regressors are the independent variables that are expected to contribute the most 
information to the hinge moment model for the elevator. The dependent variable is the elevator 
hinge moment coefficient, which will be calculated from the elevator hinge moment using Eq. (1). 
All of these variables must be measured in flight test. The other terms include the bias term, and 
the regression coefficients. The bias term will be omitted once the data is high pass filtered to 
prevent pollution of the data due to high biases in the frequency domain. If the high biases were 
left in the data, the remnants of the high biases will show up in the lower frequencies due to 
spillover associated with noise being transferred into the frequency domain. The spillover leads to 
inaccuracies in the estimation scheme. The regression coefficients will be estimated using the 
equation-error method of parameter identification, where the algorithm will reduce the error 
between the left and right sides of Eq. (2) using multiple linear regressions. 
  Parameter identification is a subset of aircraft system identification, and is used to 
determine the stability and control coefficients for aircraft equations of motion. Parameter 
identification is the process of determining the mathematical model of a physical system under 
investigation given the system's inputs, system's outputs, and form of the system's mathematical 




Two popular methods of parameter identification are the output-error method and the 
equation-error method.  
In the output-error method, the unknown parameters are obtained by minimizing the sum 
of the weighted square differences between the measured aircraft outputs and model 
outputs. The output error method is non-linear because the unknown parameters appear 
in the equations of motion, which are integrated to compute the states. (Klein 22) 
Since the output-error method is non-linear and relies on integration to solve for the unknown 
aerodynamic coefficients, this method requires an iterative optimization technique to solve. The iteration 
required makes the output-error method incapable of being used in real-time analysis. The second method 
frequently used is the equation-error method.  
The equation-error method is based on linear regression using the ordinary least-squares 
principal. The unknown aerodynamic parameters are estimated by minimizing the sum of 
squared differences between measured and modeled aerodynamic forces and moments. 
(Klein 22) 
Since the equation-error method involves multiple linear regression analysis only, this approach lends itself 
readily to real-time analysis. The equation-error method is being performed to determine the hinge 
moment coefficients for the UTSI Piper Navajo. 
 In order to implement real-time parameter identification, the measured time-domain data must be 
filtered and converted into the frequency domain. This means that all incoming data for hinge moment 
coefficient, angle of attack, pitch rate, and elevator deflection must be filtered and converted into the 
frequency domain. The filtering is implemented using a fourth-order Butterworth high pass filter. The filter 
removes biases and frequencies under 0.02 Hz. The conversion to the frequency domain is implemented 
using a modified recursive discrete Fourier transform known as the CHIRP-Z transform. The CHIRP-Z 
transform is an improved method of transferring to the frequency domain because it allows you to focus 
the range of frequencies to those of interest (historically 0.1-2 Hz for flight test but dependent upon aircraft 
dynamics and area of interest) and specify the resolution. In contrast, the Fourier transform is limited in 
that all frequencies up to the Nyquist frequency (1/2 the sampling rate) must be calculated, and the 
resolution is set according to the number of data points. The mathematics discussed in this section can be 
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)( fX   - Converted Signal in Frequency Domain 
)(tx  - Signal in Time Domain 
T  - Total Time of Signal 
The finite Fourier transform differs from the general Fourier transform and is so named because of the 
finite interval of the signal: [0…T]. Also, the Fourier transform in the above equation is characterized by the 
cyclic frequency, f , but can be described in terms of angular frequency ω, where the cyclic frequency is 
related to the angular frequency by the equation:  
)4(2 fπω =  
ω   - Angular Frequency 
f  - Cyclic Frequency 
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For our signals, we will be using a data acquisition system that will be taking discrete, evenly spaced 
measurements of analog signals. For this type of signal, the finite Fourier transform can be approximated 
using Euler's approximation of the integral for a constant time differential, t∆ . Basically, Euler's 
approximation approximates the integral by breaking it into identical width bins sized according to the time 
differential, t∆ . The height of the bin is determined by the signal values at time it . The integral is 
approximated as the area of the sum of the bins. The following equation is Euler's approximation for the 
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where Ni ,...,2,1,0=   titi ∆=   )7()()( tixtxx ii ∆==  
it   - Time value described by ti∆  
ix  - Signal value at time ti∆ (also, )( itx ) 
t∆  - Discrete Sample Rate of Data Acquisition System 
N  - Last Iteration Value of Iteration Variable i  
The limits on the summation of Eq. (6) are 1...0 −= Ni  , due to the implementation of Euler's 
approximation. Euler's approximation spans the range t∆ , such that the approximation at 1−= Ni  spans 
the time range starting at tNt ∆−= )1( and ending at tNt ∆= . Therefore, the limits of the summation do 
not explicitly include the point N . Additionally, the discrete sample rate ( t∆ ) can also be described by the 
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The approximation of the finite Fourier transform discussed in Eq. (6) can be described by the individual 
frequency bins in which the signal is being divided. Instead of looking at the discrete Fourier transform over 
the entire range of frequencies, the discrete Fourier transform can be calculated with respect to a specific 
frequency of interest. The discrete Fourier transform is defined as only the summation part of Euler's 















where 1,...,2,1,0 −= Mk  






















~   - Discrete Fourier Transform of )( itx at 
                       Frequency kf  
kf  - Frequency of Interest 
t∆  - Sample Rate of Data Acquisition System 
M  - Number of Frequencies of Interest 
From Eq. (10) and Eq. (11), the discrete frequencies kf  are shown to be dependent upon the number of 
samples and time period. This leads to values of M that represent the fundamental limitation of the 
discrete Fourier transform, namely that the frequencies contained in a sampled time history must be in the 
frequency range [0… nf ]. The Nyquist frequency ensures that no aliasing of signal frequencies is observed in 
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 For discrete frequencies, kf , combining Eq. (6) and Eq. (9) yields 
)13(~)()( kk xtfX ∆≡  
where 1,...,2,1,0 −= Mk  
)( kfX   - Approximation of Finite Fourier Transform for kf  
kx
~
 - Discrete Fourier Transform for kf  
t∆  - Sample Rate of Data Acquisition System 
The discrete Fourier transform in Eq. (6) can be rewritten using Eq. (7) and Eq. (10) to obtain: 
For N  even 

















where 1,...,2,1,0 −= Mk  
In Eq. (14), the discrete Fourier transform's value is a function of the iterative value i , frequency bin k , and 
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where 1,...,2,1,0 −= Mk  














where 1,...,2,1,0 −= Mk  
Using the result of Eq. (16) to define the Euler approximation of the finite Fourier transform gives 
)17()~()2(~)(~ kkk xttfxx ∆=∆= πθ  
where 1,...,2,1,0 −= Mk  
One limitation that can be associated with Eq. (17) is due to small values for the summation over a small 
total sample time T . In this instance, the value of the samples can be small and round-off error in the 
summation can accumulate and significantly impact the approximation. Additionally, the Euler 
approximation for the finite Fourier transforms can lead to numerical instabilities for high frequencies kf or 
large sample times t∆ , due to abrupt changes in the signal or a time step that is too large. When this 
occurs, the Euler approximation becomes unstable and fails to correctly identify the value of the integral. 
Other interpolation schemes can be used to avoid the error in the Euler approximation; however, if the 
signal is changing slowly (as with our aircraft dynamics) and the sampling rate is sufficiently high, the Euler 




more computational resources. A small sample time will be implemented in our process so that the Euler 
approximation can be utilized. The sample time will be achieved by oversampling the data at 10 times the 
highest frequency of interest. The fundamental limitation discussed above that limits the frequency range 
and resolution of the discrete Fourier transform will be combated using the CHIRP-Z transform that allows 
for arbitrary frequency range and resolutions.  
For flight test work, the band of frequencies of interest is historically [0.1…2] Hz for rigid-body 
dynamics. Therefore, it is advantageous to be able to select the frequency band, and select a frequency 
resolution so that the details of the flight data are accurately captured in the frequency domain. The CHIRP-
Z transform allows for the selection of a frequency band and resolution to perform high resolution 
calculations of the Fourier transform. 
To implement the CHIRP-Z transform, choose M discrete frequencies in the frequency band [ 1...ff ], such 
that  
)18(0 fkffk ∆+=  
where 1,...,2,1,0 −= Mk  
0f   - Beginning of frequency band 
f∆  - Arbitrarily selected frequency resolution 
kf  - Frequencies of interest 
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From Reference 8, define φ , φ∆ , A , and Z  such that 
tf ∆= 02πφ , )21(2 tf∆∆=∆ πφ  
0φjeA = , )22(φ∆= jeZ  
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Eq. (23) represents the discrete Fourier transform with an arbitrary frequency band and resolution known 
as a CHIRP-Z transform. As k increases, the quantity kAZ  traces an arc along the unit circle. The quantity 
0φ  is the unit circle location associated with the starting frequency 0f , and φ∆  represents the incremental 
step along the arc for each frequency increment f∆ . 
 The equations developed thus far give a desired understanding of the theory for the transformation 
that the data is undergoing; however, with flight data we will not have a time history of a signal. We will be 
estimating the signal at each time step and desire to update the CHIRP-Z transform as each data point is 
sampled. In order to implement the update of the CHIRP-Z transform, we will be using a recursive form of 
the CHIRP-Z transform that will add each additional data point to the discrete CHIRP-Z transform as the 
points become available. From Reference 5, the discrete CHIRP-Z transform at time ti∆  can be related to 
the discrete CHIRP-Z transform at time )1( −i t∆  by the following equation: 
 
 
)(ωiX    - Discrete CHIRP-Z Transform Value at time i  
)(1 ω−iX    - Discrete CHIRP-Z Transform at time ti ∆− )1(  










Furthermore, the equation can be further digested to show that the exponential term is related to a 
constant term and the previous value by the following: 
)25()1( tijtjtij eee ∆−−∆−∆− = ωωω  
With the recursive equations, as the data comes in it can instantaneously be converted into the frequency 
domain to update the transform's value. In this way, the recursive transform does away with the need to 
keep all of the time domain data, because it is imbedded in the transform. Every time we get a data point, 
the algorithm simply adds another point to the transform of the signal. As more samples are digested by 
the algorithm, the estimates progressively get better. The estimation is completed by multiplying Eq. (24) 
by t∆ to compute the finite CHIRP-Z transform. 
 After transforming the data into the frequency domain, a method of sequential least squares is 
used to calculate the hinge moment coefficients with respect to the regressors. The sequential least 
squares method applies ordinary least squares repeatedly to measured data to generate results. From 
Reference 5, the general model form for relating the independent variables and the dependent variable for 
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where nj ,...,2,1,0=  
y   - Dependent variable 
0θ  - Constant bias term 
jθ  - Constant model parameters 
jξ  - Functions of independent variables 
For our hinge moment expansion in Eq. (2), the dependent variable y is the elevator hinge moment Che, the 







C , and 
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C , and the independent variables jξ are aircraft states eδ , q , and α . In 




)27(Xθy =  
y   - Vector of dependent variable measurements 
X  - Matrix of regressor measurements 
θ  - Vector of model parameter estimates 
In Eq. (27), the vector of independent variable measurements is known as our truth value, and the matrix of 
regressor measurements are known. The process of ordinary least squares is to determine the values of the 
model parameter estimates that will minimize the error between the dependent variable (elevator hinge 
moment coefficient in our case) and the regressors (alpha, elevator deflection, and pitch rate). From 
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)J(θ   - Vector of minimized errors 
y   - Vector of dependent variable measurements 
X  - Matrix of regressor measurements 
θ  - Vector of model parameter estimates 








which can be simplified to 
)30(0ˆ =− )θX(yXT  
The solution to Eq. (30) gives the solution to the minimization of the errors in our equation and is called the 
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Eq. (31) gives us an estimate for our model parameters, but fails to identify the accuracy of the estimate. 
The covariance matrix can be defined to study the relationship between the independent variables and so 
that an error estimate may be obtained, where the covariance matrix is 
)32(ˆ X)(Xσ)θcov( T2=  
)θcov(ˆ   - Covariance Matrix 
2
σ   -Vector of equation error estimates 
X  - Matrix of regressor measurements 
The 
2
σ vector is the estimate for the equation error or variance of the data estimated from the residuals 
(i.e. the part of the truth value that was unexplained by our estimate). The 
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σ   -Vector of equation error estimates 
m  - Number of frequency bins 
p   - Number of elements in Vectorθ  
y   - Vector of dependent variable measurements 
X  - Matrix of regressor measurements 
θ̂  - Vector of model estimates that minimize error 
The calculation for the ordinary least squares algorithm is comprised of Eqs. (31)-(33). The equations are 
executed sequentially, which means that the program calculates estimates at discrete time steps. 
Essentially, the data is being batch processed much like processing post-flight, but is executed at a much 
higher rate (i.e. every ½ second) after new data becomes available. The process can be executed at a higher 




of interest is convergence of the estimation value. Additionally, the estimates will not become more 
accurate for higher operating rates, but will give better resolution to the estimation curves.  
 The mathematical theory of real-time parameter identification for aircraft hinge moment 
identification is briefly described above. For detailed hand calculations of the elevator hinge moment using 
RTPID with simulation data, refer to Appendix C. To recapitulate the process, the data gathered in the 
aircraft is filtered at every sample time to remove any biases (zero frequency values) that can cause 
pollution of the data at low frequencies. Next, the data is transformed at every time step in the frequency 
domain using a recursive form of the Fourier transform with the ability to specify the range and resolution 
of frequency values of interest. The transform is described as the CHIRP-Z transform. Next, multiple linear 
regression is performed on the data to estimate the relationships between the regressors and coefficients, 
and to determine the error in the estimation based on the truth values (i.e. the actual hinge moment 
coefficient). The estimation is performed continuously, but can suffer from lack of data information content 
for conditions where all aircraft variables are unchanging. Also, the algorithm can yield unacceptable 
estimates if the regressors are collinear, that is if the regressors have a linear relationship. When this 
occurs, the algorithm gets confused as to which regressor is having an impact on the estimate. This 
algorithm is implemented using modified m-files from the System IDentification Program for AirCraft 
(SIDPAC) developed by Dr. Eugene Morelli. The mathematics discussed in this section can be found with 
greater detail in References 5 & 8.  
 
2. CONTROL LOADING SOFTWARE 
2.1 GENERAL 
The control loading software being used for this project is a reconfigurable control system model 
developed to quickly and accurately model aircraft flight control forces for aircraft with reversible or 
irreversible control systems. To the pilot, the only characteristics of interest are control member 
deflections and force characteristics including breakout, deadband, and friction. Consequently, the control 
system model can be thought of and modeled as a spring. The control loading software consists of two 
distinct loops: the inner loop consisting of the controller algorithm and the outer loop consisting of the 





2.2 DESCRIPTION OF SOFTWARE 
The controller algorithm or inner loop of the software seeks to maintain stable control of the 
dynamic system or plant, which is the control loading hardware. The basic functions of the controller 
algorithm is to measure the output of the system, compare to desired values, compute the drive signals, 
and send the drive signals to the plant. To perform these functions, the controller is setup with multiple 
inputs and multiple outputs (MIMO) as seen in the block diagram of Figure A12.  
The inner loop controller algorithm maintains control of the hardware by calculating the signals for 
the motor drives based on the difference between the force input by the pilot and the demanded force 
from the control system model. Since force is the primary input and the control loading hardware is always 
being compared to the model, the controller setup is defined as the Force Loop Model Follower logic 
(Wierda 15). The software PID controller is not directly controlling the motor. The software PID controller is 
sending an analog output that controls the motor's servo drive. The servo drive performs the necessary 
computations of interpreting the signal and transforming it into a velocity command for the motor. The 
model of the forward system that controls the dynamics of our control system provides the input for the 
software PID controller. The forward system model is a spring-mass-damper model that is driven by the 
force differential. In this way, the forward system can be thought of as a spring-mass-damper that's 
response is being forced by the force differential about a varying set point (i.e. a forced vibrating response 
about a changing set point). The inner loop calculates the servo drive's signal based upon current data and, 
consequently, the computations performed in the inner loop must be done at a high rate (typically 1,000-
5,000 Hz) so that the controller will not become unstable due to lag in the physical system. The block 
diagram of the inner loop can be seen in Figure A13. 
The forward system model in the inner loop is comprised of the virtual mass (M) of the system, and 
two integrators. The virtual mass is the mass that gives you the proper dynamic response for your control 
system. As the control loading system hardware will have some mass, the flight control system that is being 
modeled must have more mass than the hardware or the simulation will be faulty.  
The software Proportional-Integral-Differential (PID) controller described above utilizes two 
feedback loops: force and position. The force loop allows the controller to calculate the control system's 
response based on the force. The measured model position is then compared to the forward system 
position calculated from the force. The position error allows the integral path of the controller to eliminate 
static position errors in the system. The proportional path of the controller is the main control path and is 




increases the frequency response of the actuators. As the actuators have a limited bandwidth for response, 
the acceleration feed-forward allows slightly higher bandwidths to be achieved by prepping the actuator 
based on current model acceleration. The output of the controller is an analog drive signal (±10V) that is 
fed into the servo drive. The control loading hardware outputs a force and position to complete the 
feedback. The inner loop also contains system limits for the motor velocity and stick position. As detailed 
above, the inner loop controls the control loading system, and as such the inner loop must be tuned to the 
hardware that is being used in the control loading system. 
The outer loop or flight control model must realistically simulate the control forces that the pilot 
would feel in the actual aircraft. The model is comprised of a generic control system model (seen in aft 
system of Figure A9) that has many of the flight control system components modeled that are found in 
typical reversible control systems. This portion of the model characterizes the aft system. A typical aft 
system model in block diagram format can be seen below the dashed line in Figure A14. The portion above 
the dashed line is the forward system model discussed above.   
The aft system model shown in the figure is a second order aft system (as evidenced by the two 
integrator blocks), and would contribute dynamic features to the model. While the actual system 
implemented in the UTSI simulation is a first order aft system, the setup is the same except no dynamic 
effects are included. For angular velocities of less than 10 rad/s, the inertial effects of the aft system can 
safely be ignored (Lubbers 3). The portion of the code that includes the variables Ck and Wk are stiffness 
and damping gains for the cable in our generic model. The control surface is modeled with the same 
dynamic setup as the forward system in the controller. A first order aft system can be seen in Figure A15. 
The flight control system is modeled in a Simulink dynamic simulation environment. The control 
system response is a forced vibrating response based upon the mass, equivalent stiffness, and equivalent 
damping of the control system model. The forces acting on the control system are composed of two main 
models: the model of the control system ground force (from friction, inertia, etc.) and the aerodynamic 
force model due to the pressure distribution on the control surface. Also, a friction model is implemented 
as a dead zone in the simulation, where any force within the friction limits is ignored. Any force above the 
dead zone limits are passed into the model. The aerodynamic force is calculated in the aircraft simulation 
model using the hinge moment coefficients and aircraft linkage parameters. A force gradient and offset is 
approximated for a small range of elevator deflection using a central difference approximation to the 
derivative, and sent to the aft system model. The force of the control system on the ground is a function of 




attack (AOA), pitch rate (q), and elevator deflection. These force components are summed to represent a 
demanded force from the control system. This is the force that would be required by the pilot to maintain 
the current simulated flight condition.  
In the forward system of the flight control model, the force measured from the control loading 
actuator is compared to the demanded force value calculated from the ground and aerodynamic force 
models. Using equations derived from a spring-mass-damper system, the difference between these two 
values is divided by the virtual mass of the modeled flight control system to derive the acceleration of the 
flight control. Integrating this result arrives at the velocity of the virtual flight control system. A second 
integration gives the position of the flight control system. The position and velocity are fed into the flight 
control model which calculates a new demanded force from the system.  The position and velocity is also 
fed into the motor controlling algorithm, which calculates the command signal of the servo drive needed 
for the demanded force. This process is repeated at a rate of 5000 hertz.  
The control loading software interfaces with the hardware through the use of National 
Instruments' (NI) Data Acquisition System (DAS). The NI real-time (RT) hardware being used for the digital 
and analog input/output (I/O) is not directly compatible with the Simulink software. The Simulink flight 
control system model must be converted into a format that is compatible with the National Instruments 
hardware and software using National Instrument's Simulation Interface Toolkit (SIT). SIT allows the NI 
hardware to be used with the simulation model by allowing access to the Simulink flight control system 
model through the use of a dynamic link library (.DLL) file.  The SIT toolkit allows the flight control system 
model to be changed via a NI Virtual Instrument (VI) that acts as a graphical user interface (GUI) allowing 
for rapid changing of parameters within the model during a simulation. The SIT toolkit also allows the 
inputs and outputs of the flight control system model to be mapped directly to the NI Peripheral 
Component Interface express (PCIe) 6323 data acquisition (DAQ) card.  
2.3 CONTROL LOADING MODEL ANALYSIS 
The flight control system can be analyzed using control system techniques for linear, time invariant 
systems. The relationship established using this analysis will give insight into the dynamics of the model, 
and allow the gains set in the model to be tuned without causing instability. The goal of the analysis is to 
derive the transfer function (relationship of the output and input) of the model. The forward system model 
and aft system model can be combined to represent the entire flight control system model. The result of 
the combination can be seen in Figure A16 for a simple reconfigurable control loading model with a 2
nd
 




The forward system's inertia is set by the 1/Kfwd_i gain, and the forward system damping is 
controlled by the Kfwd_d gain. The aft system contributions come from the cable damping gain Kcd, the cable 
stiffness Kcs, and the aft spring stiffness (including breakout forces and aero forces) represented by the Kaft_s 
gain. The aft system's inertia is controlled by the 1/Kaft_i gain, and the aft system's damping is set by the 
Kaft_d gain.  
As mentioned previously, the inertial effects of the aft system can be ignored with little effect for 
frequencies below 10 rad/s. Therefore, the elevator will not have a dynamic response in the model, and as 
a consequence the aft damping gain, Kaft_d, cannot contribute to the aft system model as this would result 
in an algebraic loop. The simplified reconfigurable control system with 1
st
 order aft system can be seen in 
Figure A17.  
The aft system can now be represented using only one integrator block for a 1
st
 order system. The 
aft system damping gain has been modified to 1/Kaft_d. This allows the aft system to calculate the velocity of 
the elevator surface based upon damping force on the elevator. If the transfer function were computed for 
the above equation, the solution would be valid. However, if the user sets the cable stiffness gain, Kcs, or 
cable damping gain, Kcd, too high or too low without adjusting the value of the other, the poles of the 
characteristic equation will shift to the right causing instability of the model. To prevent this, it is possible 
to make the cable damping gain, Kcd, a function of the cable stiffness gain, Kcs, so that as the user changes 
one value, the other value changes proportionally. The result of this simplification can be seen in Figure 
A18. 







Figure A18 can be separated into separate control systems to facilitate the simplification of the system into 
one transfer function. The subsystems can be seen in Figure A19.  
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The resulting transfer function relates the force input of the control model to the position output of the 
model.  
2.4 TUNING THE SOFTWARE 
To model a flight control system with this software, several system parameters need to be tuned 
appropriately. For the ground force model, the aircraft of interest must be ground tested to determine the 
control force versus control displacement and control force versus surface displacement for the control 
system. Our flight control system model must replicate the data obtained for these tests.  
Parameters that must be tuned within the flight control system model can be seen in Table B1. 
Using these parameters, the flight control system model can be tuned to simulate the aircraft's control 
curves. The forward (fwd) system's tunable parameters consist of the spring natural frequency, spring 
damping ratio, mass of system, fwd system friction, and fwd system friction constant. The natural 
frequency of the spring, spring damping ratio, and mass of system determine the dynamics of the flight 
control system model. The controller gains allow tuning of the control system running the hardware. The 
software stops place limits on the actual travel of the hardware, which is a safety feature in the software. 
The fwd system friction and fwd system friction constant determine the level of the force that is allowed to 
pass into the fwd system of the model. If the force level is within the bounds of the friction limit, it is not 
passed into the model. The aft system friction works in the same way. Cable damping and cable stiffness 
characterize the cable contribution to the model by setting the force that is passed into the fwd system. 
The aft system damping determines how quickly the elevator will respond to an input. The breakout 
gradient and feelspring slopes determine the stiffness of the aft system. Feelspring breakpoints can be used 
if stiffness is not constant through the range of control system travel. The force gearing increases the 
effective force that is passed into the aft system, which increases the velocity of the elevator surface. The 
aft system position gearing and aft system position offset increases and offsets, respectively, the range of 




The actual values for the parameters are not important as long as the control loading system is able 
to exceed the performance of the actual aircraft. If the control loading system is slower to respond (too 
much inertia) or has more free play than the actual aircraft, the hardware will never be able to replicate the 
actual aircraft control system. If the control loading system is capable of replicating the aircraft control 
system, the "feel" (free play, inertia, dynamic response, etc.) of the aircraft control system can be 
replicated with software control. 
 
3. CONTROL LOADING HARDWARE DESIGN & IMPLEMENTATION 
3.1 GENERAL 
 Hardware designs for reconfigurable control loading systems are typically designed to 
minimize characteristics that are important in actual aircraft flight control systems, such as friction, free 
play, and deflection.  Fundamentally, the control loading hardware must have less friction, free play, and 
deflection than the flight control system being modeled or the control loading hardware will never be able 
to replicate the actual flight control system. However, if the hardware is designed properly such that the 
friction, free play, and deflection is less than the actual flight control system, the control loading software 
can be tuned to simulate the additional effects of any friction, free play, or deflection not already in the 
control loading hardware. By minimizing these characteristics in the hardware design, the control loading 
system will be able to simulate a larger selection of flight control systems. Additional design requirements 
for the UTSI control loading system were driven by cost, manufacturability, volume efficiency, and 
performance criteria. The performance criteria developed for the UTSI control loading system was similar 
to industry standard platforms, and can be seen in Table B2.  
3.2 FORCE ANALYSIS 
The force input is provided by a highly efficient harmonic gear actuator. For more information 
about this and other components, refer to Appendix D. The actuator makes up part of a four-bar 
mechanism that transfers the input force to the joystick grip.  
The four-bar mechanism seen in Figure A20 was used to determine the correct gearing ratios for 
the control loading system. The leg lengths L2 and L4 were set by volume constraints to be 5.2 inches. The 
leg lengths L1 and L3 were varied to determine the proper gearing ratios that would deliver the required 




not equal, which is undesirable for the system since the angular displacement of the joystick needs to be 
measured from the actuator. The leg lengths that satisfied the performance criteria and equal angular 
displacement was L1=L3=3.25 inches. Additionally, the length L5 can change the pilot force required, but 
for the analysis it was set to 8.25 inches due to hardware geometric constraints. Using the leg lengths 
defined above and the maximum actuator torque at peak capacity of Ma=504 in-lb, the pilot force can be 
calculated for actuator peak loading. Since the leg lengths L2=L4 and L1=L3, the moment generated about 











Fp   -Pilot Force Required 
Ma  - Moment Generated about Joint A 
5L   - Leg Length of Member 5  
From Eq. (42), the pilot force for the selected gearing ratios at peak actuator capacity is 61 lb. The 
mechanism implemented on the roll axis of the UTSI control loading system can be seen in Figure A21.  
3.3 DISPLACEMENT ANALYSIS 
 A graphical analysis was performed on the control loading hardware design to verify that the 
requirement for angular displacement was satisfied. The entire structure was modeled in a SolidWorks® 




























design was capable of achieving rotational displacement of ±20°. However, a hard stop was implemented 
into the design as a safety feature to keep the hardware from destroying itself in the event of a runaway 
condition. The hard stop constrains the angular displacement of the control loading hardware to ±18.5°.  
3.4 STRUCTURAL ANALYSIS 
After achieving a design that met the specified requirements, a Finite Element Analysis (FEA) was 
performed using SolidWorks® software. Additionally, hand calculations were performed to verify the FEA 
analysis. The structure was built out of 4130 steel alloy to maximize the factor of safety so that no 
structural testing needed to be performed on the final article. The weight of the structure was not a major 
concern since the system is mounted in a fixed flight simulator.  
A static FEA analysis was performed on the parts designed for manufacture.  The results in Table B3 
show a large safety factor for all parts. The safety factor is a measure that relates the stress of the 
component under assumed maximum loading conditions to the yield strength of the material. As the safety 
factor increases, the likelihood of failure due to overloading decreases.  
3.5 CONTROL LOADING HARDWARE 
 The final article of the control loading hardware included the control loading joystick and an 
accessory box shown in Figure A22 and Figure A23. The control loading joystick box contains the actuators, 
load cells, and position sensors, while the accessory box includes all of the necessary components to run 
the system including load cell amplifiers, actuator controllers, and the data acquisition system.  
The sustained force of the control loading hardware was not measured due to time constraints; 
however, during initial testing the force limit was not exceeded which says that the force output is 
adequate enough for the aircraft model used in initial testing. The actual stick displacement is only ±15°, 
which fails to meet the design requirement for angular displacement. The joystick grip used in the control 
loading system had to be changed due to excessive free play. While modifying the design to accommodate 
a different stick grip, the positive stop was modified, which limits the angular displacement of the stick 
±15°. However, the rotational angle of the hardware can be expanded easily by modifying the positive stop. 
Facilities were not readily available to make this modification. 
3.6 INTEGRATION WITH SOFTWARE & EXISTING SIMULATOR SETUP 
To integrate the control loading hardware with the control loading software, a piecewise approach 




understanding of the software. The software was first implemented in the pitch axis as a simple spring-
mass-damper to simplify the integration. In this instance, the control loading hardware acted like a spring in 
that some amount of deflection would give a force, and dynamic responses due to under-damping would 
result in oscillation about the joystick's zero position. The resulting software was of the forward system 
only. The next step was to add the aft system. The aft system essentially replaces the stiffness of the 
forward system spring. The resulting model, once tuned, allowed the control loading hardware to emulate 
the complete flight control system as it would feel on the ground.  
To complete the control system model, the aerodynamic forces must be calculated in the flight 
control system model. For the aerodynamic forces, the flight control system model had to be integrated 
with an existing six degree-of-freedom (6DOF) aircraft model with aerodynamic control forces. The 6DOF 
simulation is of a Twin Otter aircraft, but is used for the results of the proof-of-concept study. The Twin 
Otter simulation utilizes a large amount of look-up tables of data gathered through wind-tunnel and flight 
testing. These look-up tables include control surface hinge moments that are output to the to the control 
loading software. This data allows the calculation of the aerodynamic forces sent to the flight control 
system model. The aircraft 6DOF simulation and control loading hardware are integrated together for the 
final model. The flight control system now has full flight control system characteristics including recursive 
aerodynamic control forces. 
The visuals for the simulation are driven by X-Plane® 9, and are output to three 55 in. flat screen 
displays. Additionally, instruments are displayed to the pilot via a touch screen center cockpit display. To 
the left and right of the center display are two touch screen panels that are used for engineering functions. 
All data is packaged via universal datagram protocol (UDP), and sent over the network so that all devices 
have access to the aircraft simulation data. Additionally, the Real-Time PID module is able to accept data 
from the network to test the Real-Time PID algorithm developed to find the aerodynamic hinge moment 
coefficients from flight test. A dataflow chart for the integrated simulator system can be seen in Figure 
A24. 
 
4. Results of Study 
4.1 PROOF OF CONCEPT STUDY 
 The infrastructure required to study the effects of outer-mold-line modifications included three 




and the real-time parameter identification module developed to estimate the hinge moments. With these 
tools and the data gathered from the aircraft's control system tests (elevator surface position, elevator 
stick position, and elevator force), the aircraft's control system can be modeled and simulated. The 
resulting model is the baseline simulation (without outer-mold-line modifications) of our flight control 
system required to implement other studies. Before any of these tools can become operational, the 
accuracy of their results must be assessed. Specifically, will the control loading system (both hardware and 
software) behave like the actual aircraft, and will the RTPID module correctly identify the hinge moments of 
our aircraft. 
 Testing the Control Loading System 
 To test the fidelity of the control loading system, the system was tuned to replicate ground test 
data for a Diamond DA42 general aviation aircraft. The ground test data included stick force versus stick 
displacement and stick force versus elevator displacement curves for the aircraft. The flight control system 
model was tuned to replicate the ground test data. During initial testing, the control loading system was 
not able to match the deflection capability of the aircraft being tested. Therefore, two studies were 
conducted: a study to see if the control loading system could match the elevator position of the aircraft and 
a study to see if the control loading system could match the stick force for the positions that the control 
loading system could deflect.  
The study to match the elevator position was performed to evaluate if the control loading system 
could match the elevator surface position of the tested aircraft. Since the control loading system could not 
deflect enough to allow the elevator surface the proper amount of travel, a gearing mechanism was used. 
However, the use of the gearing mechanism inhibits the ability of the model to match the aircraft's stick 
force vs. stick displacement curves. Therefore, the model's stick force vs. stick displacement will never be 
able to replicate the aircraft's curve when the gearing is anything other than one (unless the aircraft control 
system itself has a gearing ratio).    The model values used to describe the flight control system during the 
elevator position matching test can be seen in Table B4. The test was performed by slowly moving the 
control loading stick throughout its entire range and plotting the data for hardware force versus simulated 
positions (both stick and surface). These curves were then compared to test data for the aircraft of interest. 
In Figure A25, an overlay of elevator position versus stick force curves for both the aircraft and the model 
are shown. The model was able to replicate the elevator position curve effectively. In both force and 
displacement, the model was able to replicate much of the test data. This result shows that the control 




will be useful for modeling other aircraft control systems. However, the curve for stick force versus 
displacement in Figure A26, fails to correctly replicate the flight test data. As stated previously, the stick 
position vs. stick force will never be able to replicate the aircraft's control system when gearing is 
implemented, because the gearing in the model limits the position of the stick.    
The second test was performed to determine if the control loading system could match the stick 
position versus stick force curve of the aircraft over the range of positions that the control loading 
hardware could actually deflect. The model values used to describe the flight control system during the 
elevator position matching test can be seen in Table B5. With the gearing ratio set to one, both the 
elevator position versus stick force curve in Figure A27 and stick position versus stick force curve in Figure 
A28 were able to replicate much of the flight test data. However, the curves are limited by the mechanical 
limitations of the control loading system. Overall, the control loading system was able to replicate the force 
characteristics and positions of the tested aircraft well enough to instill confidence in the system.  
Testing the RTPID Module 
The RTPID module is to be utilized during the flight testing campaign of the aircraft being modeled. 
However, aircraft can add complexity to the problem of testing the software due to a variety of problems 
including noisy signals, parameter nonlinearity, bad calibrations, pilot error, etc. To reduce the complexity 
in the software testing phase, the RTPID software was tested under perfect conditions in a simulator 
environment for the elevator control only. A linear elevator hinge moment model was used to further 
reduce the complexity and verify that the RTPID estimates were correct. A variety of control inputs were 
investigated to excite the frequencies of the aircraft, including doublets, 3-2-1-1 inputs, and multi-sine 
orthogonal inputs. Doublets and 3-2-1-1 inputs can be flown by a human pilot, but multi-sine orthogonal 
inputs must be put in via software control. Doublets are inputs in which the pilot moves the stick either 
forward or aft from trim, and then moves back through trim to the other side (opposite from the first 
movement). 3-2-1-1 inputs are essentially two doublets, but now the time the position is held is changed (3 
seconds for first pulse, 2 seconds for second pulse, etc.). Optimum inputs seek to put as much energy as 
possible into the 0.1-2 Hz frequency range, as historically most aircraft dynamics occur in this range. All of 
the inputs yielded the same estimation results in the simulator, which is unrealistic. In the simulator, there 
is zero noise present in the data coming into the estimation scheme. Any amount of excitation in the 
aircraft dynamics is going to lead to excellent signal-to-noise ratios. Therefore, even for inputs like the 
doublet that puts most of its frequency energy into a small frequency range excited the aircraft's dynamics 




down the signal to noise ratio, and the control inputs would become more important to the estimation 
scheme. One important criterion for good estimation results is high signal to noise ratios. Typically, the 
desired signal-to-noise ratio is 50. 
The truth values implemented in the linear elevator hinge moment model were developed by 
applying the RTPID estimation scheme to the non-linear model. The data in the non-linear model was 
developed using wind tunnel tests. The truth values for the linear hinge moment model can be seen in 
Table B6. The RTPID estimation scheme should be able to calculate these truth values from the simulation 
data.  
The control input into the simulation was an ideal 3-2-1-1 input for elevator, aileron, rudder, and 
flaps. Although unrealistic, the 3-2-1-1 input was chosen to represent an ideal case for flap input. 
Additionally, the ideal inputs for all controls were square wave inputs that did not include the lag effects of 
inertia seen in aircraft. Since the elevator control system is solely being evaluated, the regressors relative to 
the elevator hinge moment identification including angle of attack, elevator deflection, and flap deflection 
can be seen in Figure A29.  
The elevator input initiated at t=0, with an amplitude of three degrees. The flap input initiated at 
t=3 seconds with an amplitude of one degree. The angle of attack changed according to control inputs. An 
important characteristic from Figure A29 is the shape of the curves relative to each other. A criterion for 
successfully estimating any coefficients using RTPID is that all of the regressors must be distinguishably 
different. The trend may not be so easy to determine without removing biases and scale factors from the 
data. An easy tool to implement this scheme is available in the SIDPAC toolkit. The SIDPAC toolkit contains 
a plethora of MATLAB scripts for system identification. The particular script for comparing unbiased, scaled 
signals is the cmpsigs.m script. The result of the script makes comparing the signals shapes easier and can 
be seen in Figure A30. 
 The data in the figures is for the entire time period of 10 seconds. The RTPID software operates in 
real-time as discussed in the RTPID section of Chapter 2.3. Therefore, the signals being sent into the 
algorithm are transformed into the frequency domain at every time step, which is 50 Hz or 0.02 seconds for 
this analysis. However, the signal does not need to be updated at this rate. Similar estimation results were 
obtained using a time step as low as 4 Hz or 0.25 seconds. However, to accurately represent the signal in 
time (for post-processing), Nyquist's sampling theorem must be observed such that the highest frequency 
of interest in the signal is oversampled by a factor of 10. However, if the signal is not to be reproduced in 




frequencies in the signal. The RTPID estimates are calculated at ½ second intervals, so that at 50 Hz, the 
new estimations process 25 new data points for each signal. 
 The estimation results for the RTPID hinge moment coefficient calculation show little variability, 
which is desirable for our ideal conditions with ideal control inputs yielding distinguishable regressor curves 
with high signal to noise ratios. The results of the estimation for αheC can be seen in Figure A31, and the 
estimation results for eheC δ can be seen in Figure A32. The estimation results for αheC  and 
eheC δ converged rapidly to the linear truth values.  The elevator input initiated at t=0, which provided 25 
data points worth of information to the RTPID estimation scheme at the first estimation time of t=0.5 
seconds. At t=0.5 seconds, the estimate for αheC  had converged to the truth value of -0.091 within an 
error of ±2.33x10
-13
. Similarly, the estimate for eheC δ  had converged to the truth value of -0.3145 within an 
error of ±4.98x10
-14
.  In Figure A33, the estimation results for fheC δ  also converged rapidly to the linear 
truth value. However, the flap input was not initiated until t=3 seconds, therefore the estimation scheme 
had no information content about the flaps until the seventh estimation time of t=3.5 seconds. At t=3.5 
seconds, the estimate for fheC δ  had converged to the linear truth value of 0.031 within an error of 
±1.36x10
-9
. Under ideal conditions, the RTPID estimation scheme rapidly converged on the truth values of 
the linear elevator hinge moment coefficients. The accuracy of the estimate after the first estimation time 
when information became available indicates that the control input excited the dynamics of the aircraft 
such that the regressors were excited and distinguishably different from each other.  
4.2 CONCLUSION 
This paper describes the development of the infrastructure designed to directly study the handling 
qualities of aircraft by using aircraft simulation methods. The goal of this infrastructure is to be able to 
accurately simulate the effects of outer-mold-line modifications on the UTSI Piper Navajo research aircraft, 
thus providing an engineering tool during the development of external pods and alternatively as a mission 
training device for pilots. The implementation of this system required a control loading system capable of 
replicating flight control systems, a method for capturing aircraft hinge moment data, and the integration 
of the designed hardware and software with existing simulator infrastructure.  After development and 
integration into the simulator architecture, the control loading system was tested by attempting to 
replicate a Diamond DA42 general aviation aircraft's flight control system. The control loading system was 
able to replicate force characteristics and elevator surface position, but the stick position needs to be 




perfect conditions, and was able to estimate the hinge moments accurately. Now that the infrastructure is 
in place, work can continue towards developing the simulation required to study outer-mold-line 
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: (a) Military Fighter Reversible Control System 
                                                (b) Civil Transport Reversible Control System (Aileron Only) 
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A - Breakout Force 
B - Stiffness of Control System 
C - Cable Stiffness 
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FIGURE A15: Simple Flight Control System Model with 1
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: Complete Simple Flight Control System Model with 2
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: Complete Simple Flight Control System Model with 1
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: Simplified Control System Model with 1
st
 Order Aft System 
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FIGURE A20:   Four-Bar Mechanism used for Design 
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TABLE B1: Flight Control System Model Parameters 
 
Parameter Name Symbol Description Units 
Spring Natural Frequency  ω0 Used in Fwd System Spring Damping rad/sec 
Spring Damping Ratio Z Used in Fwd System Spring Damping - 
Mass of System Km Used in Fwd System Spring Damping lbm 
Acceleration Controller Gain Ka Changes Controller Acceleration Response - 
Velocity Controller Gain Kv Changes Controller Velocity Response - 
Proportional Controller Gain Kp Changes Controller Proportional Response - 
Positive Software Stop PosLimPos Limits Positive Travel of System radians 
Negative Software Stop PosLimNeg Limits Negative Travel of System radians 
Fwd System Friction FwdFriction Adds Friction to Fwd System lbf 
Fwd System Friction Constant FrictionTau Adds Damping to Virtual Friction Forces - 
Aft System Friction Aft_Friction Adds Friction to Aft System lbf 
Cable Damping Fwd_Cable_Damping Adds Damping Force due to Cable lbf/(rad/sec) 
Cable Stiffness Cable_Stiffness Adds Stiffness Force due to Cable lbf/rad 
Aft System Damping Aft_Inv_Damping Damping required to calculate the Velocity 
of the Elevator Surface 
lbf*sec/rad 
Breakout Gradient Breakout_Gradient Adds Breakout Force Stiffness lbf/rad 
Negative Feelspring Slope Feelspring_Slope_Neg Adds Feelspring Stiffness to Negative 
Position 
lbf/rad 
Mid-range Feelspring Slope Feelspring_Slope_Mid Adds Feelspring Stiffness to Mid-range 
Position 
lbf/rad 







Determines the Pos. Position where the 






Determines the Neg. Position where the 
Stiffness of the Feelspring will change 
radians 
Force Gearing GearingFWDAFTGain Adds Gearing Effects to Force Input to 
Calculate Elevator Surface 
- 
Aft System Position Gearing  GearingAFTFWDGain Adds Gearing Effects to Elevator Surface 
Position 
- 










TABLE B2: Performance Parameters 
  
Design Characteristic Design Requirement 
Stick Force Required ± 60 lbf. 





TABLE B3: Results of Finite Element Analysis Study 
       











Torque Arm (A) 4130 3/8" 66,717.35 81,221.12 5,220.00 12.8 
Torque Arm (B) 4130 3/8" 66,717.35 81,221.12 9,455.00 7.1 
Wall Assembly 4130 1/8" 66,717.35 81,221.12 6,470.00 10.3 













TABLE B4: Elevator Position Matching Test Model Parameter Values 
  
Parameter Name Symbol Tuned Value 
Spring Natural Frequency  ω0 0.1 
Spring Damping Ratio Z 0.01 
Mass of System Km 0.1 
Acceleration Controller Gain Ka 0.002 
Velocity Controller Gain Kv 1 
Proportional Controller Gain Kp 0.5 
Positive Software Stop PosLimPos 0.2 
Negative Software Stop PosLimNeg -0.2 
Fwd System Friction FwdFriction 0 
Fwd System Friction Constant FrictionTau 0.04 
Aft System Friction Aft_Friction 0.25 
Cable Damping Fwd_Cable_Damping 0.01 
Cable Stiffness Cable_Stiffness 2000 
Aft System Damping Aft_Inv_Damping 1 
Breakout Gradient Breakout_Gradient 0 
Negative Feelspring Slope Feelspring_Slope_Neg 11 
Mid-range Feelspring Slope Feelspring_Slope_Mid 7 











Force Gearing GearingFWDAFTGain 0.65 
Aft System Position Gearing  GearingAFTFWDGain 065 









TABLE B5: Stick Position Matching Test Model Parameter Values 
  
Parameter Name Symbol Tuned Value 
Spring Natural Frequency  ω0 0.2 
Spring Damping Ratio Z 0.1 
Mass of System Km 0.05 
Acceleration Controller Gain Ka 0.002 
Velocity Controller Gain Kv 1 
Proportional Controller Gain Kp 0.5 
Positive Software Stop PosLimPos 0.2 
Negative Software Stop PosLimNeg -0.2 
Fwd System Friction FwdFriction 0.2 
Fwd System Friction Constant FrictionTau 0.1 
Aft System Friction Aft_Friction 0.3 
Cable Damping Fwd_Cable_Damping 0.01 
Cable Stiffness Cable_Stiffness 1800 
Aft System Damping Aft_Inv_Damping 1 
Breakout Gradient Breakout_Gradient 0 
Negative Feelspring Slope Feelspring_Slope_Neg 10 
Mid-range Feelspring Slope Feelspring_Slope_Mid 11 











Force Gearing GearingFWDAFTGain 1 
Aft System Position Gearing  GearingAFTFWDGain 1 
Aft System Position Offset GearingAFTFWDOffset 0 
 
TABLE B6: Parameter Identification Truth Values 
   
      αheC        eheC δ       fheC δ  





REAL TIME PARAMETER IDENTIFICATION SAMPLE CALCULATIONS 
The RTPID results shown in this section are produced using simulator data. As a result, the data 
here represents an ideal case for the calculation of the hinge moment coefficients using the equation-error 
method of parameter identification. The data is input at 4 Hz to simplify calculations by hand. The first 










































The data must then be filtered to remove biases that will pollute frequency domain data. A fourth order 
Butterworth digital filter is implemented described by the equation 













From the digital filter equation, the values of past data points must be known. Also, the initial values of the 
variables are removed as trim values. To implement the digital filter, the individual terms could be filtered 
separately, but to ease the computational effort we will implement in array format such that all terms are 
filtered at once. This is equivalent to implementing the digital filter four separate times for alpha, elevator, 
flaps, and elevator hinge moment data. Eq. (2) in array format can be described by 
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Sum all terms in a row of Eq. (12) to obtain Eq. (13), which represents the second term on the right hand 
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In summary, thus far we have taken raw data and filtered it to remove any biases that can cause corruption 





point data   Filtered012704
point data   Filtered03
point data   Filtered043402







































where:   
Time Sample
Interest ofVector Frequency 
) of Values ( signal oft iat t Value Filtered)(
frequency  andt 1)-(iat  t  transformof Value)(



















To calculate the value of the transform, the value of the Fourier Transform,  )(ωiX , and 
tije ∆−− )1(ω  from 
time (i-1)Δt are known from the past iteration. The values for frequencies, ω , are a constant for the 
frequencies of interest. The frequency vector that we are interested in is [0.1…1.98 Hz] with a step size of 






























































































































From Eq. (16), 
tje ∆− ω  is a constant for a constant Δt = 0.25. Therefore, this term can be calculated directly 
















































































































From Eq. (16), 













































































































































































































e tijω  
Eq. (21) shows the value of the recursive Fourier transform, )(1 ω−iX , from the last iteration, which is a 

































































where Alphafor  Data1 =X  
                 Elevatorfor  Data2 =X  
          Flapsfor  Data3 =X  
                                                      tCoefficienMoment  Hingefor  Data4 =X  
 
Using Eq. (20) and Eq. (21) to solve Eq. (15), the Finite Fourier Transform can now be approximated as seen 





















































































































































Now the recursive Fourier Transform has been updated with the current data, and the multiple-linear 
regression required for estimating the hinge moments can be performed. Only the real part of the 
transform is used for the calculation. The solution to the cost equation for the minimization of the least 
squares error is Eq. (23). 
)(yXX)(Xθ TT 23ˆ 1−=  
                     where ),,( DataRegressor e fX δδα=  
                                  DataTruth Moment  Hinge=y  
                       Estimatest Coefficien=θ  
































































































































































































































































Combining Eq. (26) and Eq. (27) to solve Eq. (23) obtains the first estimate for the hinge moment 



























































The estimates from Eq. 28 are compared to the linear hinge moment model truth values for the elevator in 
Table 1. 
Table C1: Hinge Moment Coefficient Estimate & Truth Values Comparison 
    
       αheC        eheC δ       fheC δ  
Estimates -0.099 -0.3180 0 
Truth -0.091 -0.3145 0.031 
 
The values are within ± 10% for αheC  and better for eheC δ  with respect to the truth values. The 
estimation was calculated at t=0.5, which means that the estimation is quite good even though not much 
information content has been acquired. The value for flaps is zero because the flap excitation has yet to 
begin at this time, and no information is available for estimation. The estimation would be better if the 






The control loading hardware is built around control loading actuators. The requirements for the 
control loading actuators are high accuracy gearing to prohibit free-play (relative motion between mated 
parts), minimal friction, and capable of supporting a continuous load of greater than 60 lbs. The actuators 
chosen for the control loading system were the Harmonic Drive DC actuators. These actuators utilize a 
harmonic gear system that allows for high torque capacity, increased gear tooth engagement, and high 
torque to weight ratios. Additionally, the harmonic drive FHA series integrates a brushless motor with a 
wave gearbox to maximize volume efficiency. The specific gearing ratio of the FHA-17C actuator used for 
the control system hardware is 100:1, and the torque capacity for this actuator is 57 N-m (504 in-lb). The 
continuous current capacity is 22 amps at 24 volts. These actuators use hall positioning sensors and an 
encoder positioning feedback loop. The actuator hardware can be seen in Figure AD-1
9
. 
The control loading system requires an actuator controller that is responsive enough to run the 
actuator in real-time and have enough power capacity to run the actuator. Additionally, the controller must 
be capable of being driven by an analog input signal as this is how the control loading software will interact 
with the device. The device needs to be as small as possible to minimize volume required for mounting. 
Elmo Motion Control's Solo Whistle actuator controller is used on the control loading system due to its high 
power density and versatility. Also, the Solo Whistle is able to operate from a 24 V DC power source that 
eliminates the need for a separate power supply for the actuator and controller. The maximum continuous 
current throughput of the controller is 20 amps. The Solo Whistle is easily programmed through Elmo 
Motion Control's Composer software that enables automatic or manual tuning via serial communication. 
The most attractive feature of the Solo Whistle is that it can be tuned to run in analog velocity mode, which 
allows direct drive of the actuator based upon an analog input signal. The control loading system 
implementation uses this mode of the actuator controller. However, the low inductance between the 
motor and amplifier can pose a risk of current ripple. Current ripple is an unwanted oscillation of the 
electrical signal, which is a waste of energy at best, but can lead to overheating of the actuator and/or 
actuator controller. To combat current ripple, Renco inductors were used to increase the inductance 
between the actuator and controller. The Renco RL 1239-220 air-core 220 µH inductors were placed inline 
between the actuator and controller. The Elmo Solo Whistle can be seen in Figure AD-2. 
                                                           
9




The power supply for the control loading system must to be able to provide the power capacity 
required for the selected actuator and actuator controller, and be low cost. To power the control loading 
system, the Acme Electric Corporation "Black-Line" 500B Series unregulated DC power supply is used. The 
500B power supply offers a floating output, surge current capability, and selectable input taps. The 
maximum current capacity of the 500B is 20 amps at full load.  
The control loading software measures the force of the hardware in order to determine the 
velocity and position of the modeled system. The measurement requires the use of a load cell. Load cell 
technology is based mainly upon stress-strain relations. The force through a load cell causes a deflection in 
the load cell that reduces or lengthens a strain gage attached to the load cell. The strain gage's resistance 
changes and the signal through the load cell changes proportionally to the force. For the control loading 
system, the installation required a load cell that was easily mounted in the design, volume efficient, and 
capable of handling the required loading of the geared actuator of 155 lbs. The Futek Low Profile Tension-
Compression load cell utilizes metal foil strain gage technology and was chosen for the system. Specifically, 
a FSH00084 load cell, seen in Figure AD-3, was chosen due to additional features including ease of 
mounting, lightweight design of the 2024 aluminum chassis, and ease of wiring the 4-pin Lemo receptacle. 
The load cell has a high accuracy with a nonlinearity of ± 0.1%. Also, the load cell has a deflection of 0.003 
in. to 0.006 in. which minimizes the total system deflection. 
The signal strength of a load cell is typically in the range of mV, and amplification is an important 
part of any load cell measurement. Also, when the load cell signal is small, precaution must be taken to not 
corrupt the load cell signal with noise, especially before the signal reaches the amplifier. The amplifier used 
in the control loading system is a Futek CSG110 General Purpose DIN Rail Amplifier. The CSG110 in our 
application outputs a ±10V analog signal and a 10 KHz bandwidth. The bandwidth is an important measure 
of the suitability of an amplifier because the bandwidth will determine both the signal range that will be 
transmitted through the filter, as well as the noise frequencies that are attenuated. 
Although the actuator has position feedbacks that are able to measure the angular position of the 
control loading system, these systems are not absolute. Absolute systems are able to register the position 
of the motor with respect to a common reference, whereas relative measurement systems must be 
calibrated at every startup to teach the software the model's current location. Following this reasoning, the 
control loading system employs an external absolute position sensor. The requirements for this sensor 
were low cost, reliability, ease of mounting in the application, and an active rotation angle as close to the 




effect position sensor seen in Figure AD-4. The BEI Duncan 9360 Hall-effect sensor is able to determine the 
position using rotating magnets in conjunction with magnetic pickups. These sensors are mechanically 
robust in that they have no contacting parts. The BEI Duncan sensor has an active electrical angle of 90 
degrees, which is much greater than the 36 degree requirement. However, 45 degree electrical angle BEI 
Duncan 9360 sensors were special order and cost prohibitive. Additionally, the output of the 9360 is an 
analog signal which meant that the resolution of the measurement would not be affected by using a larger 
angle position sensor.  
The data acquisition (DAQ) hardware for the control loading system is based upon a desire to use 
National Instruments (NI) software. National Instruments offers a variety of components for data 
acquisition, and are a low cost alternative to other real time hardware vendors. The DAQ hardware is 
comprised of a NI PCIe 6323 DAQ card and two SCB-68 terminal blocks. The NI PCIe 6323 is capable of 16 
differential analog inputs, 4 analog outputs, 48 digital I/Os, offers 16 bit resolution, and supports real time 
hardware I/O. The SCB-68 terminal block holds the screw terminals for the signal wires, as well as auxiliary 
breadboard area for custom circuitry.  
The joystick handle of the control loading apparatus is taken from an Infinity Aerospace HOTAS 
(Hands-On Throttle And Stick) military style stick grip. The Infinity Aerospace stick grip is a popular choice 
for kit aircraft builders and manufacturers, and is also popular in flight simulators. The Infinity Aerospace 
HOTAS joystick employs a robust design and 9 multifunction switches. The Aerospace Infinity virtually 
eliminates free play in the joystick handle by using a 3-point clamping method to secure to the control 
loading hardware. 
The main structure of the control loading hardware is designed as two pieces of sheet metal bent 
into a U shape that enclose over each other to form all four sides of the control loading hardware. Wall (A) 
is the main structural piece and is set with the U facing up. Wall (B) is the secondary piece to enclose the 
sides of Wall (A). The pieces are fastened securely on all corners using 1-1/2 in. angled steel stock and bolts. 
To facilitate maintenance, nut plates were riveted on the angled steel stock so that the bolts that hold the 
structure together can be taken off from the outside. The plating designed to hold the control loading 
actuator for the pitch axis is called the Pitch Motor Mounting Bracket. The Pitch Motor Mounting Bracket is 
made of steel plate, and bolts into the structure once Wall (A) and Wall (B) are assembled. The top of the 
structure is Wall Top. These components comprise the wall assembly of the control loading hardware as 




The part designed to transfer the load from the actuator is Torque Arm (A). Torque Arm (A) is 
designed to bolt to the face of the actuator and a rod end on the opposite end. The distance between the 
mounting holes for the actuator and rod end of this arm determines the amount of force transferred 
through the load cell. The length chosen for Torque Arm (A) is 3.25 in. The amount of force transferred 
through the load cell at this point is 155 lbs. at maximum continuous motor current. Similarly, Torque Arm 
(B) transfers the load to the yoke. Torque Arm (B) has the same outside dimensions as Torque Arm (A). 
These parts can be seen in Figure AD-6. 
The part transferring the load to the joystick is the Bell Crank seen in Figure AD-7. The Bell Crank 
generates moments about its hinge point through a mechanism attached to the actuator. These moments 
must be counteracted by pilot input. The length of the moment arm from the actuator force to the bell 
crank hinge point is 3.25 in. The length of the moment arm from the Pilot force to the bell crank hinge point 
is 8 in. These distances yield a gearing ratio of 0.4. The gearing ratio represents the amount of force that 
the pilot feels versus what the actuator outputs. In the control loading system, for the maximum actuator 
load of 155 lbs, the pilot will have to input 40% of that force or 63 lbs.  
The last piece designed for the control loading system is the Potentiometer Bracket. The 
Potentiometer Bracket holds the BEI Duncan Hall Effect position sensor at the correct location in front of 
the actuator face so that the position of the system can be measured. The Potentiometer Bracket is made 
of 2024 Aluminum, and is excluded from any structural analysis since no significant loads are expected 








Figure AD-1:   SolidWorks Model (left) and Original Equipment (right) Harmonic Drive Actuator FHA-17C 
 
 
Figure AD-2:   SolidWorks Model (left) and Original Equipment (right) Elmo Motion Control Solo Whistle 
 
 






Figure AD-4:   SolidWorks Model (left) and Original Equipment (right) BEI Duncan 9360 Position Sensor 
 
 
Figure AD-5:   Wall Assembly 
 
 





Figure AD-7:   Bell Crank 
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